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EXPER131ENTALSTUDY OF TKE EFFECTS OF SCAIE ON THE

ABSOLUTE VALUES OF ZERO-LIFT DRAG OF AIRCRAFT

CONFIGURATIONS AT TRANSONIC SPEEDS

By Robert R. Howell and Albert L. Braslow

SUMIA.RY

An investigation has been made at Mach numbers from 0.7 to 1. h to
determine the effects of scale on the zero-lift drag of a fin-stabilized
body of revolution and a fighter-tyye airplane configuration. Results
obtained at relatively low values of the Re~Glds nugber in the Lmgley
trsmsonic blowdown tunnel were compsred with larger scale data obtained
on geometrically similar models in free flight.

Absolute values of the zero-lift drag coefficient measured in the
. wind tunnel sgreed closely with the free-flight values through the test

Mach number rsmge titer adjustments were made for the effect on VISCOUS
drag of differences in Reynolds number between the two test conditions.e
The pressuxe-drag variation with Mach number was found to be independent
of the Reynolds number adjustment to the skin friction. The experi-
mentally determined values of subsonic drag coefficient.for the complete
airplane configuration were approximately 0.005 greater than the value
estimated on the basis of
plate wetted area largely
local flow conditions.

turbulent skin friction and equivalent flat-
as a result of press~ drag associated with

,

INTRODUCTION

.-.

An accurate estimation of the absolute drag coefficient of a com-
plete airplane configuration through the tra&&niC speed range is diffi-
cult to tie.- Prediction of the transonic drag rise, which is the most
difficult phase of the estimation, is usually accompQshed with the use
of the methods of references 1 and 2. These theoretical predictions of

* the drag rise have been found to vary significantly in accuracy with
changes in the complexity of the configuration. In fact, differences
between the computed drag rise and experimentally determined values
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have been as lsrge as 26 percent (ref. 1). Inasmuch as theoretical
prediction of the drag curve is not as reliable as maybe desired even
after an appreciable expenditure of manpower and time, other possible
solutions to the problem shculd be considered. —.

One such possibility is the experimental determination of the drag
vsa?iationwith Mach number of a small-scale model of the configuration”
in a small transonic wind tunnel. A question raised by this approach ‘~i
whether drag data so obtained at relatively low values of the Reynolds
number can be correctly interpreted in terms of flight-conditions.
Accordingly, an investigationwas made at transonic speeds of scale
effects on the zero-lift drag of a fin-stabilizedbody”of revolution and
a typical fighter-type airplane configurati& having ~r inlets with
internal air flow. The small-scale wind-tu.uneltests were made in the
Langley transonic blowdown tunnel and larger scale resnlts used for com-
parison were obtained in free flight by the Langley Pilotless Aircraft
Resesrch Division.
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SYMBOIS
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total drag coefficient, Measured drag

%s

base drag coefficient, -(% - ‘~Ab

% 3-

.
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(mvo- ‘e) - (pe - po) >internal drag coefficient,
Q %

net drag coefficient}
c%

- C% for body of revolution

or C% - CDi - cm for the airplane configuration
.—

pressure-drag coefficient rise, CD-C
% =.9,+.

increment in pressure-wag coefficient rise due to the fins,

(
CD - c~o=.~)fins on - (CD - %o=.9)fin6 off

mean aerodynamic chord of wing .

.
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s reference area; maximum body frontal area for the body of

u revolution (0.511 sq in.) or wing plan-fom”srea for the
airplane configuration

L total length of the body

m local mass flow, PVA

(13 sq in.)

of revolution

mean inlet mass-flow ratio,
9

PoVoAi

M Mach number

P static pressure

~ dynsmic pressure, o.7p&’

v velocity

r body radius

P mass density

R Reynolds number based on length of body of revolution or on
● wing mean aerodynamic chord of airplane model

x body longitudinal station
●

.
Subscripts:

?) base

i inlet

e exit

o free stresm

msx maximum
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MODELS, APPARATUS, AND TESTS
b

Models

Fin-stabilized body.- The body shape tested is defined by the
equation

r.r msx - a(O.6L

where

a = 0.01097 per

a = 0.01445 per

2x)

in.

in.

.—

_ (O< X.CO.6L)

(0.6L< X< L)

A sketch of the body tested is presented as figure 1 where the pertinent
model body and fin dimensions sre shown. A photograph of the model is
presented as figure 2. All of the dimensions used in_constructingthe
model were scaled down values of those presented in reference 3 which–”
contains a description of the model used for the free-flight tests. The
overall fineness ratio of the body was 12.5.

The initial model was constructed of a polyester resin strengthened ●

with glass fibers. me fins were lost, however, during the initial test
presumably because of flutter, and, subsequently, wer~ reconstmcted of
a stiffer plastic material. —e

Airplane model.- The airplane model tested was a ~- scale model
52.6

of a version of a specific airplane, a configurationwhich would provide
a critical test of the construction problems involved. The ordinates used
to design the external shape of the model Were scaled down from values
measured on a larger model of the same airplane which was tested in free
flight at zero lift by the Langley Pilotless Aircraft Resesrch Division.
A line drawing of the configuration is presented in figure 3, and the
general dtiensions are given in table 1. A tail incl@ation of -0.63°
was selected for the airplane model, which had a cambered wing leadi~
edge, in order to provide zero pitching moment at zero lift. -..

—

The internal ducts aft of the twin air scoops were merged to a
common duct of annular cross section which exited at the base of the
model. The minimum duct area, which was located at the base of the model,
smounted to 86.2 percent of the total inlet area. ._

The model was constructed of plastic cast around steel inserts in
the wing and tail and with steel ducting ead balance shield to provide: Y..

-.. .
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the required stiffness and strength to avoid aeroelastic deflection and
flutter. Female templates which were jig located longitudinally were*
used to check the fuselage contour. Airfoil templates at four spanwise
stations were used to insure that the wing was properly contoured. Photo-
graphs of the airplane model sre presented as figure 4. It msy be of
interest to note that this model of a complete airplane configuration
was constructed with an expenditure of less than 500 man hours of labor.

Apparatus

Both the body of revolution and the airplane mo~el were mounted to
single-component titernal strain-gage balances tiich were sting supported
in the wind tunnel (figs. 1 and 3). The body of revolution was set at
zero angle of attack by use of a sensitive inclinometer. The airplane
model was set at close to zero lift by adjusting the angle of attack
until zero longitudinal aerodynmnic moment was recorded by a strain gage
attached to the sting some distance behind the model.

The base pressures for both models were measuredly inserting sm
open-end tube through the center of the sting into an open section of
the balance. h the case of the airplane configuration, a total-pressure
rake consisting of six total-pressure tubes (fig. 5) was used to measure
the total pressure of the internal flow as it exited from the model. The
aversge of these total pressures in conjunction with the measured static.
pressure was used to determine the inlet mass-flow ratio and the drag
due to the internal flow at subsonic speeds. At supersonic speeds, the

. exit was choked, and the measured total pressures determined the static
pressure that was used in the calculations.

AU of the measured pressure data were recorded on quick-response
flight-type pressure recorders. The drag force measurements were
recorded as time histories by pen-type self-balancing potentiometers.

Tests

The tests were made in the Ia..ngleytransonic blowdown tunnel. This
tunnel has a slotted test section of octagonal cross section with 26 inches
between flats. Previous experience in testing models of the same size in
this wind tunnel has indicated that the model drag forces are affected by
the intersection of wall-reflected model disturbances with the model in
the Mach number rsmge between about 1.04 and 1.13. Therefore, no &-a&
data are presented for this Mach number range.

In order to avoid the effect on drag due to a possib”levariation in
location of the boundary-layer transition point, both of the models were ‘
tested with transition fixed by roughness strips. These strips werew
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constructed by blowing
cles on a strip of wet

0.001- to 0.002-inch-dismeterCarborundum parti-
shellac. Reference 4 provides a guide to the

minimum size of such three-dtiensionaltype of roughness-requiredto
cause transition from leminar flow to turbulent flow. For the body of
revolution, a I/A-inch-wideroughness band was placed around the model
1 inch behind the nose of the body. Tests were also made with this model
smooth to determine the effect of roughness.on the dr~ level of the
body. For the airplsne model, l/8-inch-wideroughness strips were ~laced
on both wing surfaces 10 percent of the local chord behind the wing
leading edge. There was also a l/8-inch-wideband around the nose of the
fuselage and located 1/2 inch behind the nose boom-fuselage intersection
(fig. 3). No roughness strips were appliedto the ta~l surfaces of
either model. Iimsmuch as the wetted area of the tail surfaces influeiiced”
by possible changes in extent of laminar flow wss small compared with the
total wetted area of the entire configurati~n,differe~ces in thp exttit
of lsminar flow on the tails would cause no signific~t chsnge in the
viscous drag of the models.

The major portion of the tests of the fin-body combination was run
at a reduced stagnation pressure of 25 lb/sq in. abs fi an effort to avoid
excessive fin loads and there%y insure retainment of the fins for the
duration of the tests. After testing was completed at a stagnation pres-
sure of 25 lb/sq in. abs, some additional check test fiointswere obtained
at a stagnation pressure of 50 lb/sq in. abs. This higher stagnation
pressure afforded better accuracy and a higher ultimate test Mach nuniber.
All the tests of the body without fins were made at a stagnation pressure
of 50 lb/sq in. abs. The tests of the airplsme configurationwere made
entirely at a stagnation pressure of 25 lb/sq in. abs as a result of fie ““-
st~ess limitations of the balance used.

--

The ~eynolds number variation was between aboat 0.67 x 106 and

0.75 X 106 per inch for the tests at a stagnation pressure of—.
25 lb/sq in. abs and between about 1.3 X 106 and l.k-x 106 per inch for ‘“
the tests at a stagnation pressure of 50 lb/sq in. abs. (See fig. 6 for
Reynolds nunibersbased on reference lengths.) The correspondingMach
number ranges were”between 0.70 and 1.24 for the st%nation pressure “GY
25 lb/sq in. abs and between 0.8 and 1.4 for the stagnation pressure of
50 lb/sq in. abs.

—

The drag data measured at Mach numbers greater than about 1.15 were
corrected for buoyancy effects resulting from the lo@.tudinal gradients
in test section Mach number. This buoyancy correction was based on khe -
model volume and the Mach number gradient~_measured ti the test section
with no model present. .-

.
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The estimated maximum overall error in the faired curves
indicated parameters are yresented in the following table:.

CD for -

Bodyofrevolution . . . . . ...=....

Airplane configuration . . . . . . . . . . .

% ““”””””””””””””””””””
CDi . . . . . . . . . . . ● . . ● . . ● ● ● ●

c%
for -

Bodyofrevolution . . . . . . . . . . . . .
Airplane configuration . . . . . . . . . . .

mi/~ . . . . . . . . . . . . . . . . . . . .

RESUITS AND DISCUSSION

Fin-Stabilized Body

● ✎ ✎ ✎ ✎ ☛

✎ ✎ ✎ ✎ ✎ ✎

● ✎ ✎✎✎☛

✎ ...0 .

● ...0 .

. ..*O ,

. ..*. ,

7

for the

K1.010
m. 0010
m.ol

*O,0005

to.005
*().o~5
M.ol

The drag data for the fin-stabilized body of revolution are pre-
sented in coefficient form in figure 7. Presented are total drag coef-
ficient, base drag coefficient, and net drag coefficient as a function

. of the Mach nuniber. The differences in drag coefficient due to placing
the roughaess band around the nose of the wind-tunnel model were small
and generally within the scatter of test data; thusj Mttle, if any,.
lsminar flow existed on the supposedly “smooth” model snd the drag incre-
ment due to the roughness particles theinselveswas within experimental
accurmy. From the results presented in reference k, it appears that,
for the present tests, extreme care would have been required to obtain
model surfaces sufficiently smooth to obtain any laminar flow. Ih fact,
reference 4 indicates that three-dimensional roughness particles as small
as approximately 0.0005 inch would have been large enough to cause pre-
mature transition from lsminar flow to turbulent flow at even the lowest
test Reynolds nmnber.

For comparative purposes, the corresponding drag coefficients as
obtained from free-flight tests (refs. 3 and 5) sre also presented in
figure 7. It shff~ldbe pointed out that the free-flight base drag coef-
ficients presented are not those actually measured on the present body
shape. A comparison of base pressures measured on the present body shape
in free flight with other free-flight base-pressure measurements indicated
that the present free-flight results were in error, probably because of
the effect on the base-pressure measurements of an unintentional burning
of a residue of rocket propellant. Hence, the base pressure drag obtained
from base pressures measured in free flight on another body having an.
identical afterbody and fin smd a different nose but with no apparent
rocket propellant residue in the model (ref. 5) has been used in the
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measurements indicated
in figure 7 between the wind-tunnel and free-flight te~ts is believed to
be due prhnarily to the effect on the wind-tunnel results of the presence
of the model support sting. This difference.is not ‘consideredimportant,
however, since its ms.gnitudeis generally small enoug l-tobe well within
the combined accuracy of the two sets of measured results.

Presented in figure 8 is a comparison of the veriation of the
pressure-drag-coefficientincrement with Mach number as obtained from
the two test techniques at widely different values of Reynolds number -

30 X106 to 70 X106 for the free-flight tests as comp~edwi.th 6.8 X IQ6

to 7.6 x 106 for the wind-tunnel-tests (fig. 6). This--increment,as pre-
sented, is the drag-coefficientincrease at Mach numbers greater than
0.9. AS can be seen, the measured hag rise.was independent of the.va@e
of Reynolds number and indicated that any differences in pressure drag asso-
ciated with local separation effects were of.negligible.importance.

The faired net drag coefficients of the fin-body combination as
obtained from the basic data results of the two test techniques are
replotted in figure 9. This figure indicate-qa large difference in the
absolute level of the drag coefficient throughout the Mach number range,
although the drag rise measurements weed very well as:PrevlousW indi-
cated in figure 8. Inasmuch as the flight Reynolds n~bers were lsrge
enough to result in turbulent boundary-layer flow over the major part of
the configuration and the transition strips insured turbulent flow over
the wind-tunnel model, the difference in drag coefficient is attributed
to the difference in turbulent skin friction between the two tests. The
wind-tunnel results, therefore, were adjusted by decreasing the drag coef-
ficients an amount equivalent to the decrease.in turbulent skin-friction
coefficient of the component parts of the configuration (body and fins)
resulting from an increase in Reynolds number from the.tunnel to flight
values. The turbulent skin-friction data of reference 6 were used for
this adjustment at each Mach number. As indicated in figure 9, the
absolute values of the wind-tunnel drag coefficients adJusted to the free-
flight Reynolds numbers agree very well with the free-~light measurements.
The estimate of skin-frictiondrag coefficient at M =:0.8 shown in fig-
ure 9 was computed on the basis of turbulent flow and equivalent flat-plate
wetted area at free-flight Reynolds number. It is ind<cated that, for a
smoothly contoured configurationof this type~ such an estimate provides
an accurate indication of the subsonic drag coefficient level.

A further indication of the correctness of the measured absolute
level of the wind-tunnel drag results and thereby the correctness of the
Reynolds number adjustment can be obtained from a comp~ison of the total
drag characteristics of the wind-tunnel model with those of a very simila
configuration tested in free flight at Reynolds numbers about equal to
the wind-tunnel values (fig. 10). TIIisfree-flight mo~el (ref. 7)
differed from the present configurationby o~ly a negligible difference

.
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in forebody fineness ratio. l?henose fineness
wind-tunnel model and 7.13 for the free-flight

9

ratio was 7.50 for the
model. NO base pressures

were measured on this free-fl@ht mcdel; he~ce, the comparison of results
from the two test techniques can be made on the basis of total drag coef-
ficient only. Based on the previous comparison of base drag coefficients
(fig. 7), however, it would appear that the base-pressure differences
could be neglected for the present afterbody shape and thereby justi~
for this case the direct comparison of total drag coefficients. It should
be mentioned that the surface condition of the free-flight model was such
that any difference in drag coefficient due to possible laminar flow is
believed to be negligible. The comparison presented in figure 10 sub-
stantiates the previous results in that, if Reynolds number effects sre
accounted for, agreement is obtained not only in the values of pressure-
drag coefficient rise but also in the absolute values of drsg coefficient.

An added point of interest obtained from the tests of the fin-
stabilized body of revolution is an evaluation of the effect of the fins
on the pressure drag. The increment in pressure-drag coefficient due to
the presence of the fins ~Df is presented in figure 11 as a function

of Mach number. Presented for comparison are some unpublished results
as obtained in free flight by a somewhat different technique. This tech-
nique involved measurement of the drag of fin-stabilized cone-cylinder
cotiinations and calculations of the pressure drag associated with the
cone. Excellent agreement was obtained except in the speed range nesr
Mach number 1.0 where some small differences in fin pressure drags sre
indicated.

Airplane

The results of the investigation

Model

of the ~ -scale airplane model
)C.u

are presented in coefficient form as a function of Mach number in fig-
ure 12. The faired net-drag-coefficient curve is reproduced in figure 13
for compsxative purposes. The wind-tunnel data have been adjusted as
previously described for Reynolds nunibereffects to correspond to the
free-flight data, which exe also presented in the ssme figure.

The sgreement in the values of absolute drag coefficient as well as
the magnitude of pressure-drag rise is considered to be very good; how-
ever, two possible factors other than the experimental accuracy of each
individual test may underlie the indicated small difference (~ = 0.0020)
in pressure-drag rise between the wind-tunnel and the free-flight results.
One is the fact that the free-flight tests were made at an ah-inlet
mass-flow ratio of approximately 0.8 whereas the wind-tunnel tests were
made at a mass-flow ratio of 0.7 or less. The other factor is a possible
subsonic dz”egdifference due to the increase in model efterbody pressures

. resulting from the presence of the model support sting in the case of the
wind-tunnel tests (ref. 8).
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AISestimate of skin-friction drag coefficient at M = 0.8 simil-ar
to that made for the fin-stabilizedbody of revolution is also shown in
figure 13. Although the effect of induced velocities on,the skin friction -
has not been included in this estimate, calculations indicated that the
increment in skin-friction drag due to these induced velocities would be
only a small pert of the indicated difference between the subsonic drag
level determined experhentally and that esthated on-the basis of
equivalent flat-plate wetted area. The larger part of this indicated.
difference most probably results from ymessure drag associated with the

—

air inlets, the boundary-layer bypass, and flow interference in the region
of the wing-root juncture and nesr the empennage (ref. 9). This Wpe of
pressure drag cannot be handled analytically and, therefore, computations
of the absolute subsonic drag coefficient level of such complex airplane
configurations may be mreliable.

CONCLUDING REMARKS

—.-

An investigationhas been made at Mach numbers fiiTom0.7 to 1.4 of
the effects of scale on the zero-lift drag of a fin-stabilizedbody of
revolution and a fighter-t~e airplane configuration..Results obtained
at relatively low values of the Reynolds nuniberin the Langley trsnsonic
blowdown tunnel were compsred with larger scale data qbtained on gee-_
metrically similar models in free flight. .—

Absolute values of the zero-lift drag coefficient measured in the
wind tunnel agreed closely with the free-flight valueq through the test
Mach number r-e after adjustments were made for the-effecbs on viscous

u

drag of differences in Reynolds number between the two test conditions.
The pressure-drag variation with Mach nmibe.rwas found to be independerit

—

of the Reynolds number adjustment to the skin friction. The experimeritally
determined values of subsonic drag coefficient for the complete airplane
configurationwere approximately 0.005 greater than the value estimated
on the basis of turbulent skin friction and equivalent flat-plate wetted
area largely as a result of pressure
conditions.

Langley Aeronautical Laboratory,
National Advisory Ccmmittee for

drag associated

Aeronautics,
Langley Field, Vs., October l.2,1956.

@.t.hlo~al flow _ ___
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TABLE I

AIRPLANE-MODEL GEOMETRIC CHARACTERISTIC%

Wing:
Airfoil section at root (free-stresm) . . . . . . NACA 65AO06 (mod.)
Airfoil section at tip (free-stresm) . . . . . . NACA 65AC@ (mod.)
Area (included), sqin. . . . . . ...*... .*- . . . .. 13.27
Aspect ratio. . . . . . . . . . . . . .. . . . . . . . . . . 3.92
Taper ratio . . . . . . . . . . . . . .-,”. . . . . . . . . . 0.49
Sweepback (q~r Chord)j deg . . . . . . . . . . . . . . . . 33
Incidence) deg. . . . . . . . . . . . . . . . . . . . . . . . 0
Dihedral.,deg . . . . . . . . . . . . . . . . . . ... . . . . -2.5g

Horizontal.tail.:
Airfoil section at root (free-stream) . . . . . . . . .
Airfoil section at tip (free-stresm) . . . . . . . . . .
Area(included), sqti. . . . . . . . . . . ● ● ● ● ● s
Aspect ratio. . . . . . . . . . . . . . .. . . . v. .
Taper ratio . . . . . . . . . . . . ..;. . . . =. .
Sweepback (quarter chord), deg . . . . . . . . . . ~ . .
Incidence, deg. . . . . . . . . . . . . ;. . . . =. .
Dihetial, deg . . . . . . . . . . . . . . . . . . . . .

.mc~ 65A006
N.4cA65A004
.** 3957
. *. 3.65
. . . 0.40
.9* 35
. . . -0.63
..9 0

Vertical tail:
Airfoil section (free-stream) . . . . . . . . . . . . . . NACA 0006
Area, sqin. . . . . . . . . . . . . . . . . . . .. . . . . . 2.10 __
Aspect ratio. . . . . . . . . . . . . . . . . . . v. . . . . 3 ● 02.
Taper ratio . . . . . . . . . . . . . . . . . . . . . . . . . 0.18

Duct areas:
D-uctitiet, sqin. . . . . . . . . . . (. . . . =. . . . .o.1653
Ductexit, sqin. . . . ● . . . . . . . . . s . . . . .Y. .0.1425

“
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Fi@me 1.- Diagrammatic sketch showing model as munted in wind twnel. All dimensions me in inches.
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Figure 2.- Photopaph of the fin-stabilized
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Figure 3.- Line drawing of the airplane
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configuration tested. KU dimensions are in inches.
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(a) Three-quarter view from above.
L-94@w

Figure 4.- Photograph of airplane model.
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(b) Plan Vi~W.
L94639

Figure 4.- Continu&l.
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(c) Side view. L-gh@8

Figure 4.- Concluded.
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Vertical tail ~

19

0 Total-pressure-tube

location

tap{(@,/,//../.Horizontal

\ ‘///jy ~~\ -.
~ Sting —

Balance shield

Figure 5.- Total-pressure-tube distribution at

Outer edge of exit annulus

flow exit of airplane model.
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E?ody of revolution at ~ lb/sq in. abs

stagnation pressure - based on length -L I I
1 1

4
I

I I I I
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Fin body of revolution at 25 lb/sq in. abs
10 stagnation pressure - based on length

I I I I

Airplane model baaed on E
I 1 I
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